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FOREWORD

This report documents an engine parametric study expected to generate useful
planning and design information for the vehicle prime contractors developing concepts
for manned missions to the moon, Phobos, and Mars. The baseline engine uses some
form of a hydrogen expander cycle within the thrust range of 7.5K 1bf to 50K 1bf. The
data base for starting the study was the 7.5K 1bf OTV engine preliminary design. an
expander cycle engine was mandated. There was no comparison or tradeoffs with other
engine cycles. These constraints on the study served to focus it within a limited design
range highly dependent on the technology developed over the past decade by the
Orbital Transfer Vehicle (OTV) engine technology program sponsored by NASA Lewis
Research Center.

The terms Chemical Transfer Propulsion (CTP) engine and OTV engine are used
interchangeably in this report although the OTV engine may be just one of several
engines developed under the CTP program. The specific application of a CTP engine
for the Lunar return mission is designated as a LTV/LEV engine. The Lunar Transfer
Vehicle (LTV) and Lunar Excursion Vehicles (LEV) are expected to use the same basic
engine.

Interaction with and feedback from the vehicle prime contractors was very limited.
Interface requirements were gleaned primarily from the NASA-MSFC sponsored Phase
A Vehicle Studies plus direction from NASA-LeRC.

This study was initially directed by Jerry Pieper. The work was continued through
the Design and Parametric Subtask under the direction of Judy Schneider. Completion
of the study and preparation of the final report was done by Warren Hayden who
served as senior Project Engineer throughout the period of performance.

The period of performance for this study was October 1988 to May 1990.
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1.0 SUMMARY

The objective of the study was to develop advanced engine system descriptions
and parametric data for use by space transfer vehicle prime contractors and the NASA.
Parametric design data was obtained for a LOX/LHj; advanced expander cycle engine
at five engine thrusts ranging from 7.5K 1bf to 50K Ibf. In addition, the study included
an evaluation of engine throttling over a 20:1 range (2000 psia to 100 psia chamber pres-
sure) and operation at mixtu== ratios from a nominal 6+ 1 to 12+ 1. The two variation
studies were done at the 20,000 Ibf thrust level.

The study was expanded to assist in preparation of the NASA response to
President Bush's space initiative. The Aerojet input included some parametric per-
formance data plus DDT&E and first unit production costs. One limitation of the study
was the lack of contact with vehicle primes to assess various vehicle/engine interface
issues. This is recommended as a follow-on task.

Acrojet and NASA LeRC have an eight year history in the development of the dual
propellant expander cycle engine. This cycle uses heated (400°F) oxygen to drive the
oxygen turbopump. This allows a design free of the need for a helium purge gas system
and reduces pressure demands on the hydrogen circuit for higher chamber pressure
operation. During this study a cycle variant, splitting the hydrogen flow between the
chamber and the baffled injector assembly, was examined and accepted as the design
baseline. This cycle can maintain a 2000 psia chamber pressure over the 7.5K 1bf to 50K
1bf thrust range, can throttle over a 20:1 range, and can operate at the high mixture
ratios needed for efficient use of lunar oxygen as a supplement to earth origin
propellants. Based on an analysis with the Aerojet Modified Liquid Engine Transient
Simulation (MLETS) code, this cycle is predicted to be stable at thermal equilibrium,
and the basic engine control valve operation is expected to be nearly linear over the
throttling range. A throttle rate of 4 to 5 seconds from 10% to 100% of thrust was
predicted using the TUTSIM dynamics code.

Performance as measured by delivered specific impulse at MR = 6 and an area
ratio of 1200 is 483.1 seconds at 7.5K 1bf, 484.3 seconds at 20K 1bf, and 485.2 seconds at
50K Ibf. Predicted engine dry weight excluding gimbal and thrust takeout structure is
291.8 Ibm at 7.5K Ibf, 486.3 Ibm at 20K Ibf, and 1362 Ibm at 50K Ibf using available

RIPT/1X0417 5532 1




1.0, Summary, (cont)

technology. Engine envelopes for a 1200:1 area ratio nozzle using one extendible/
retractable section varies from 120 inches length/58 inch exit diameter at 7.5K Ibf thrust
to 304.8 inches length/137 inches diameter at the 50K 1bf thrust with the nozzle

extended. These are large engines in terms of envelope. Packaging will be an important

consideration.

The DDT&E cost data was generated using a costing methodology found to be
well accepted on the Advanced Launch System (ALS) program. The program as costed
used assumptions typical of engine fabrication numbers and tests in a NASA MSFC
program. The total DDT&E cost was about $950M with a program start in FY91 and
first flight in 1999. First unit production costs are based on production numbers,
learning curve, engine thrust, and a complexity factor based on an RL-10 engine as the
reference. For the lunar return mission, Nth unit engine cost is expected to be in the
$6M to $12M range. As references, the current RL-10 cost is $3M to $4M and an OMS
engine is about $6M. Generation of life cycle costs was not feasible as they are
dependent on the mission life and maintenance scenarios which are still incompletely
defined.

The latest version of the dual expander cycle holds promise as a long-life engine
capable of meeting all mission performance requirements including 20:1 throttling and
MR = 12 operation. All major technical questions such as the 400°F oxygen turbine
drive are being evaluated under NASA LeRC sponsored programs. The platelet heat
exchanger technology is in qualification for space shuttle flight operations as this is
written, and a vigorous program start has been made to develop the integrated control
and health monitoring system (ICHM) capability under the OTV engine technology
program. A continuation of this work is recommended, but the scope should be
broadened to include more vehicle prime/engine contractor joint assessment of the
interface issues.

RPT/D0A17 55¢ . 2




2.0 INTRODUCTION AND BACKGROUND

2.1 BACKGROUND

2.1.1 Orbit Transfer Vehicle (OTV) Engine Technology

The NASA has had some concept for a vehicle to move payloads and
people beyond low earth orbit (LEO) since the inception of the United States space pro-
gram. Over the years, the vehicle has had a number of names and many configurations,
but the basic concept of a general purpose vehicle for a variety of tasks beyond LEO has
persisted. Since 1982, this concept has been developed as part of the Orbit or Orbital
Transfer Vehicle (OTV) technology program. NASA-Marshall Space Flight Center has
been responsible for the vehicle studies while NASA Lewis Research Center has di-

rected main engine development. The work reported herein was completed under a
contract with NASA LeRC.

Over the seven years of this contract there has been an evolution in
the mission model from an emphasis on LEO-to-GEO payload delivery missions to the
current interest in the Lunar Return mission and a manned Mars mission. The effect on
the engine development has been to emphasize the reliability and redundancy require-
ments for a man-rated propulsion system. Also, space basing and multimission
capability place a premium on performance as measured by specific impulse and engine
throttling. The very long service life goal (500 starts, 20 hours) mandates a sophisticated
integrated health monitoring and control system. The engine resulting from these strin-
gent requirements will be the most technically advanced and highest performing liquid
oxygen/liquid hydrogen propellant engine developed in this century. It could serve as

the basic upper stage main engine for both manned and unmanned missions until the
middle of the next century.

The first phase of the NASA-LeRC sponsored program consisted of
study efforts to generate and evaluate innovative technology concepts at the subcom-
ponent, component, and engine system levels for an advanced O,/Hj; propulsion sys-
tem. Pratt & Whitney, Rocketdyne, and Aerojet TechSystems were each awarded con-
tracts in 1982 for this phase of the work. Aerojet initiated several new concepts during
this work of which the most notable was the dual propellant expander cycle. This cycle

RITT/1X0417 552 3




2.1.1, Orbit Transfer Vehicle (OTV) Engine Technology, (cont)

improves the conventional hydrogen expander cycle by heating both hydrogen and
oxygen for use as working fluids with consequent improvement in operating flexibility
and higher chamber pressure.

The Phase II program, which is the current contract, builds on the
Phase I work by evaluating through analysis, fabrication, and testing the concepts criti-
cal to the success of the proposed engine. The Aerojet technology focus has been on the
oxygen turbopump (successfully tested), the thrust chamber, oxygen/materials compat-
ibility, an engine preliminary design, and an Integrated Control Health Monitor System
(ICHM). Design and development work has been in accordance with NASA-LeRC
established technology goals. Table 2.1-1 summarizes the technology goals and gives
the existing RL-10 engine technology as a comparison. The 1988 requirements will
undergo some changes as the Lunar return mission is better defined.

The change in emphasis from an OTV for the LEO-to-GEO mission to
a vehicle capable of landing on the moon or other bodies in the inner solar system will
impact several of the engine requirements. The one most likely to change is engine
thrust. This study was planned to generate parametric data for engines ranging in
thrust from 7.5K Ibf to 50K Ibf as the actual mission thrust is very likely to fall within
that range. An important design selection factor affecting baseline engine thrust is the
number of engines per vehicle. For a man-rated vehicle at least two engines will be
required, but three or four engines may be optimum when such factors as length con-
straints are considered. As will be discussed later in this report, the current baseline
vehicles for the Lunar mission use a set of four engines each. An unmanned vehicle for
LEO-to-GEO missions may very well use only one or two of these engines. The lunar
mission requirements set the engine thrust once the number of engines in the
propulsion set is established.

Work on the Advanced Engine Study began in November 1988 and
concluded in the Spring of 1990 with this final report.

RPT/D0M17 582 4
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2.1, Background, (cont)
212  Aerojet Dual Propellant Expander Cycle Engine

In a conventional expander cycle engine, hydrogen is routed through
passages in the combustion chamber wall where it both cools the wall and acquires suf-
ficient thermal energy to power the turbine drives of pumps for both the hydrogen and
oxygen flow circuits. It is then routed to the injector for combustion. This cycle is fairly
simple, plumbing is straight forward, it offers good performance potential, and, as all
propellant is burned in the combustion chamber, it does not have the losses associated
with open cycles. Its limitations are related to dependence on only one propellant as a
turbine drive fluid which, in turn, requires interpropellant seals and a purge gas in the
oxygen turbopump. To obtain the needed power, the hydrogen must be heated to a
temperature very near to the design limit for the copper based alloys employed for the
chamber liner. With the added limits imposed by high cycle life, long operating times
without maintenance, and 10:1 or greater throttling requirement, the basic hydrogen
expander cycle is capable of only a modest improvement over the current production
expander cycle engine, the RL-10.

The Aerojet dual propellant expander cycle alleviates these limitations
by using oxygen as a working fluid as well as hydrogen. This reduces the demands on
the hydrogen circuit as the oxygen turbopump is driven by heated oxygen. It also
eliminates the need for an interpropellant seal and the associated helium purge
requirement. The gasified oxygen is also needed for the I-triplet gas-gas injector
element which provides high (~100%) energy release efficiency and excellent
combustion stability over a wide throttling range. The oxygen is heated to a maximum
of 400°F by flowing through a LOX/GHj heat exchanger and then through the
regeneratively cooled nozzle extension. The flow schematic is shown in Figure 2.1-1.
This is the schematic used for the advanced engine study. The hydrogen used to heat
the cold oxygen in the heat exchanger is the effluent from the hydrogen TPA turbine
and provides the thermal energy to the oxygen at an efficiency cost of some pressure
drop across the heat exchanger.

This cycle has proven more efficient than originally expected consid-
ering results of the 7.5K Ibf thrust engine preliminary design. That design had cold
hydrogen routed from the pump outlet to the regenerator, to the regeneratively cooled
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2.1.2, Aerojet Dual Propellant Expander Cycle Engine, (cont)

chamber and then through the baffle circuit before powering the hydrogen turbine
drive. This series flow generated high hydrogen temperatures, but was temperature
limited by the copper walls of the chamber and baffles. Pressure drops were also high.
The combination of wall temperature and pressure drops limited the power ard
flexibility of the cycle. A very effective remedy was to split the flow between the baffled
injector circuit and the regeneratively cooled chamber as shown in Figure 2.1-1. This
split or parallel flow version is capable of a 21:1 throttle range at the 20,000 Ibf thrust
design point (1000 Ibf thrust to 21,000 1bf thrust). Chamber and baffle wall
temperatures are well within design limits over the range of thrust.

Two key components in the engine are the hydrogen regenerator and
the LOX/GHj3 heat exchanger (HEX). Both are NASA-Z copper structures fabricated
from copper platelets using the same technology recently demonstrated on the Space
Shuttle Main Engine (SSME) heat exchanger program, and expected to be operational in
1990. They are very compact and thermally efficient heat exchangers. The regenerator
functions as a pre-heater for the hydrogen in the baffle circuit. It will be used to trim
the engine output by the setting of its bypass valve. The HEX provides approximately
65% of the enthalpy gain in the oxygen circuit with the balance acquired in the oxygen
cooled nozzle extension. The HEX bypass valve modulates to keep the oxygen entering
the turbine at or below 400°F.

An integral part of the engine thermal design are the hydrogen cooled
baffles. Baffles on an injector face are commonly used to enhance combustion stability.
Generally they are transpiration cooled with fuel passing through the baffle directly into
the chamber. In this engine the baffle is still designed to enhance stability but, more
importantly, it provides surface area for heat input to the hydrogen. From 40 to 60% of
the total hydrogen enthalpy change comes from the baffle flow circuits where hydrogen
is passed down one side and back up the opposite side of the baffle to be collected and
mixed with the regen chamber hydrogen prior to powering the hydrogen turbopump.
The baffles allow the thrust chamber to be relatively short compared to a non-baffled
hydrogen cooled thrust chamber of equivalent hydrogen heating capability. They
require, however, a significant percent of the chamber barrel section volume. The
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2.1.2, Aerojet Dual Propellant Expander Cycle Engine, (cont)

chamber diameter is increased to compensate giving an unusually high contraction ratio
(chamber injector area divided by throat area). Where storable propellant engines
commonly have contraction ratios of 2 to 4 this engine has a ratio of 15.3.

22 SCOPE

221 Objective

The objective of the study is to develop advanced engine system
descriptions and parametric data for use by space transfer vehicle primes and NASA
planners.

222 Requirements

The advanced engine continues the liquid oxygen/liquid hydrogen
propellant engine technology developed under the OTV engine technology program.
Specific engine system requirements and goals are given in Table 2.2-1. The baseline

engine start cycle and autogenous tank pressurization requirements are given in
Figure 2.2-1

223 Program Description

The Advanced Engine Study is a 15-month activity with five subtasks.
The subtasks and their interrelationships are presented in Figure 2.2-2.

2231 Subtask 2 - Design and Parametric Analysis

The subtask objective is to develop the specific design and para-
metric data on advanced engines over a thrust range of 7.5K Ibf to 50K Ibf. The baseline
for the design is the 7.5K Ibf thrust OTV engine design developed under NASA LeRC
Contract NAS 3-23772. This task generates at a minimum, the following:

* Needed engine cycle changes over the thrust range.

¢ Identification and assessment of advanced technologies needed
for the advanced engine cycle.

RI'T/1)417 554 9




TABLE 2.2-1.
Engine System Requirements and Goalis
Propeliants: Liquid Hydrogen
Liquid Oxygen
Vacuum Thrust: 7,500 Ibf to 50,000 Ibtf (Study Range)
Vacuum Thrust Throttling Ratio: 10:1
Vacuum Specific impulse: *
Engine Mixture Ratio: 6.0 (Design Point at Full Thrust)
5.0 - 7.0 (Operating Range at Full Thrust)
Chamber Pressure: *
Drive Cycle: Expander
Dimensional Envelope:
Length (Stowed/Extended)
Diameter (Maximum)
Mass: *
Nozzle Type: Bell With Not More Than One Extendible/
Retractable Section
Nozzie Expansion Ratio: End of Regen Section to 1200 (Study
Range)
Propeliant inlet Temperatures:
Hydrogen 378R
Oxygen 162.7R
inlet Net Positive Suction Head:
Hydrogen 15 ft-ibf/ibm at Full Thrust
Oxygen 2 ft-Ibtibm at Full Thrust
Design Criteria: Human Rated
Aeroassist Compatible
Space Based
Service Life Between Overhauls: 500 Starts/20 Hours Operation (Goal)
Service Free Life: 100 Starts/4 Hours Operation (Goal)
Maximum Single Run Duration -
Maximum Time Between Firings: b
Minimum Time Between Firings: b
Maximum Storage Time in Space: i
Gimbal Requirement:
Yaw b
Acceleration (Maximum) -
Velocity (Maximum) e
Start Cycle (Figure 2.2-1)
* Engine Parametric Study Result
*Vehicle/Mission Study Result

10
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2.2.3, Program Description, (cont)

subtask.

RI"T/1)0817 552

Obtainable design point chamber pressure for each thrust
studied.

Appropriate thermal, performance, turbopump, and power bal-
ance data for each thrust. Power balance data is obtained at
mixture ratios of 5 and 7 as well as the design MR of 6, and at a
thrust of 0.1X nominal (10 to 1 throttle point).

Plots are generated for such control related factors as percent
turbine bypass versus thrust.

Estimates of delivered specific impulse, engine mass, and engine
envelope.

A preliminary definition of the engine-to-vehicle interfaces
including liquid oxygen and liquid hydrogen inlet location and
line sizes, thrust takeout structure, and gimbal system.

223.2 Subtask 3 - Engine Requirement Variation Studies

Defines the effect of increased throttling range (up to 20:1) and very
oxygen rich operation (MR = 12 + 1) on the design and engine performance. A single
thrust point selected by the contractor but approved by NASA LeRC, is used for this

2233 Subtask 4 - Vehicle Study/Engine Study Coordination

Discussion with and data supplied by the vehicle prime contractors
shall be used to generate the following:

Engine maximum single run duration.
Maximum time between firings.
Minimum time between firings.
Maximum storage time in space.

Gimbal requirements.

13




2.2.3, Program Description, (cont)

This information was to be supplied for each thrust level. NOTE:
There was insufficient contact with the vehicle primes to define the requirements for
any of these items during the course of the study.

2.3 RELEVANCE TO CURRENT ROCKET ENGINE TECHNOLOGY

There are three major program areas currently developing new chemical
propulsion system technology: the National Aerospace Plane (NASP), the Advanced
Launch System (ALS), and the Chemical Transfer Propulsion {CTP) program under
Project Pathfinder. This advanced engine study supports the CTP work. The engines
under development in all three programs use LOX/LH propellants to meet program
performance requirements. All share a common technical base in copper alloy cham-

bers, pressurization by high speed turbopumps, and a need for an integrated control
and health monitoring system.

The engine cycles under development include variations of the hydrogen
expander cycle and gas generator cycles. The dual propellant expander cycle is
arguably the most sophisticated of the cycles, but variants abound even among the gas
generator cycles. Expander cycles have the merit of increased efficiency compared to
gas generator cycles, but other considerations, such as engine thrust, may rule out an
expander cycle. Results of the current study, however, support extending the thrust
range for an expander cycle beyond 100K Ibf. A modern expander cycle should be con-
sidered in any trade study for a LOX/LH; engine development up to 500K Ibf thrust.
Also, engine innovations by Aerojet, Rocketdyne, and Pratt & Whitney developed
under the NASA LeRC contracts have demonstrated a number of ways of enhancing
engine components to increase the effectiveness of the expander cycle. Examples are
the Rocketdyne ribbed chamber work to improve chamber heat transfer by about 40-
50%, and the Aerojet platelet heat exchangers that are used to increase the throttle range
and engine control capability. This recent improvement in expander cycle technology
has left even fairly recent texts on rocket propulsion obsolete concerning expander cycle
capabilities. (Ref. 1, p 156).

The most important rocket engine development trend in the last third of the
20th century is the reduction of the theoretical advantages of a LOX/LHj engine to

practise. The development of the RL-10 engines was a major achievement as was the
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2.3, Relevance to Current Rocket Engine Technology, (cont)

Space Shuttle Main Engine (SSME). Both of these engines will see service in the United
States Space program for several decades. The OTV engine/CTP engine will be the
single most important space engine development of the next several decades, and a
version of this engine will likely be in use for the first half of the 21st century. The
results of this advanced engine study support several statements that help define its rel-
evance to current rocket engine technology:

1)

2)

3)

4)

5)

6)

7)

8)

RPT/1X0417 552

A high performance (>480 seconds specific impulse) expander cycle
engine can be produced.

A LOX/LHj; engine capable of 20:1 throttling can be developed for the
Lunar Excursion Vehicle or other vehicles requiring engine throttling.

Oxygen cooling of nozzles and hot oxygen turbine drive for turbopumps
are now practical.

Operation of a LOX/LH; engine is practical at mixture ratios greater

than stoichiometric (7.94:1) if the copper chamber is given a protective
coating.

Current copper alloy combustion chamber technology is acceptable for
an advanced engine, but some increased capability can be expected with
continued materials development.

Chamber thermal design and manufacturing techniques give confidence
that a chamber/injector will survive 500 starts and 100 hours of
operation given a modern integrated control and health monitoring
system (ICHM).

Current state-of-the-art in electronics and controls makes possible a
control and health monitoring system that will greatly reduce engine
operation risks and extend engine life.

Recently proven turbopump technologies such as self-aligning hydro-
static bearings and sub-critical operating speed designs help meet a 500
start 100 hour engine operation requirement.

15




2.3, Relevance to Current Rocket Engine Technology, (cont)

9) Platelet heat exchanger technology can be used to improve chamber
thermal margins.

10) The Chemical Transfer Propulsion program within Project Pathfinder
can now define realistic performance and operating goals for the main
engine for Lunar Transfer and Lunar Excursion Vehicles.

2.4 SIGNIFICANCE OF THE PROGRAM

The NASA-LeRC directed LOX/LH; engine technology programs have suc-
cessfully positioned the propulsion industry for a low risk development of the engine
needed for Lunar Transfer Vehicle and Lunar Excursion Vehicle. The study results
reported herein are based on eight years of study, analysis, design, hardware fabrication
and testing. The relatively moderate cost of this extended technology work should be
amply repaid by the reduction in risk for a full scale engine development program. The
major significance of the program, then, is its direct applicability to propulsion
requirements for the Lunar Transfer Vehicle and Lunar ExcursionVehicle.

The engine design baseline presented in this report represents a real advance
in thes{ate-of-the-art. The Soviets and the Japanese have now demonstrated successful
LOX/LH; engines. The Japanese have alreacly held discussions with American com-
panies on licensing their engine technology. Without this program the United States
would have no high technology counter to the economic inducement presented by a
flight qualified Japanese engine. This program substantiates the position that the
United States is still the leader in LOX/LH; engine technology. If the development
does not continue, however, its significance will be that of potential wasted and
opportunity lost. This engine has great significance for the survivability of the United
States liquid rocket industry at a time when defense related development is vanishing
and NASA has conflicting priorities for a limited budget.

A third area of significance is the general upgrading of design tools in the
form of computer models and the increased sophistication of control and health moni-
toring capability. The design tools can better assess what is practical or possible when
approaching theoretical limits as the OTV engine does. This gives higher confidence in

RPT/DO0AL7.55a 16

- e mm W

IR TR e



2.4, Significance of the Program, (cont.)

designs prior to reducing them to testable hardware. The new control sophistication
can readily deal with the complexity and interactions of a modern expander cycle
engine while new sensors and a variety of software algorithms can be integrated into a
health monitoring/ management system that will greatly increase the safety of engine
operation over a service life previously unobtainable in a rocket engine. Without these
advances this engine could not be developed beyond drawings.

RIT/10417 552 1 7




3.0 DISCUSSION

3.1 DESIGN AND PARAMETRIC ANALYSIS

This task began with a re-evaluation of the results of the 7.5K lbf thrust
engine preliminary design (Ref. 2). The cycle schematic work for that design is the dual
expander series flow version as given in Figure 3.1-1. A concern in the evaluation was
the high chamber and baffle wall temperatures at full thrust (2000 psia chamber pres-
sure, mixture ratio of 6) and at the tank head idle condition (200 psia chamber pressure,
mixture ratio of 5). The flow of hydrogen from the pump to the regenerator, to the baf-
fles, and then to the TPA turbine section produced high hydrogen temperatures but had
penalties in system pressure drop and wall temperature. This was corrected by going to
the split or parallel flow schematic shown in Figure 2.1-1. When initial analysis proved

that temperatures were lowered with no performance penalty, the parallel flow version
was adopted for the study.

A hydrogen proportioner valve had to be added to the system to control the
hydrogen split to each circuit. This has proven a worthwhile addition as it can be used
to optimize the wall temperature of both the baffles and the regeneratively cooled
chamber. This has important implications for chamber life. The regenerator now func-
tions on just the hydrogen stream directed to the baffles. The chamber is always cooled
with hydrogen directly from the pump. Also, the injector manifolding was modified as
the baffle circuit is now independent of the chamber flow circuit. In all other respects
the components retain their function in the engine cycle.

At the outset of the study, an arbitrary decision was made to baseline a design
nominal thrust chamber pressure for each engine as 2000 psia. This was justified by a
concern that a 20:1 throttle range would lead to system pogo type instabilities if the low
thrust chamber pressure had to be extended below 100 psia. Also, 2000 psia was well
within current thermal design capabilities. High chamber pressure engines do have
greater development risk. This selection worked out very well for a 10:1 throttling
requirement over all the thrusts studied (see Table 3.1-1) and accommodated a 20:1
throttling design for a 20,000 1bf thrust engine.

The task assignment bounded the engine thrust range between 7.5K Ibf and
50K Ibf. The intermediate points used in the study are given in Table 3.1-1. The 20,000

RIT/D0417 552-3.0-3.1.2 l 8
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3.1, Design and Parametric Analysis, (cont)

Ibf thrust point was also selected for the engine requirements variation tasks after con-
sultation and direction from the NASA-LeRC program monitor. With a baseline engine
schematic, chamber pressure, and the five thrusts, the actual study results (see

Table 3.1-2) could be generated.

3.1.1 Engine and Cycle Definition

TABLE 3.1-1
ADVANCED ENGINE STUDY THRUST SELECTION RATIONALE
e 75KIbf OTV Program baseline; results available.

e 20K Ibf Minimum thrust for a 4 engine Lunar Transfer Vehicle and
Lunar Excursion Vehicle with 40 to 50,000-1b of payload.

e 25K Ibf Provides a 100K Ibf total thrust for a 4 engine LTV/LEV for
minimum gravity losses.

e 35K Ibf Nominal thrust for three engine LEO-to-moon orbit transfer
vehicle (LTV)

e 50K Ibf Nominal thrust for two engine LTV. This is also half the
thrust of the baseline engine for the LEO-to-Mars transfer
stage, and results could be extrapolated to that thrust.

3.1.1.1 Thrust Chamber Assembly

a. Chamber Liner — The chamber liner is a copper alloy billet
machined to final dimensions with milled coolant channels on the backside. The base-
line alloy is GLIDCOP AL15 manufactured by the SCM Company using powder metal-
lurgy techniques. This is pure copper with 0.15% aluminum oxide (Al,03) dispersed
throughout the metal matrix. The small amount of aluminum oxide greatly improves
the machining capability over pure copper and enhances the low cycle fatigue life of the
material. An alternate material is the NASA-Z alloy which was selected for the 3.0K
TCA

RPT/DO47.55230.2.1 2 20




TABLE 3.1-2
EXPECTED RESULTS OF THE PARAMETRIC STUDY

Weight, Envelope and Performance Predictions for Engines at 7.5K and at
three intermediate points plus a 50K maximum.

Power Balance Results at Each Thrust
Changes in Cycle and/or Components on Scale-Up
Assessment of 20:1 Throttling at a Selected Thrust Level

Assessment of high mixture ratio performance (MR of 12) at a selected
thrust level

Identification of Critical Technologies

Preliminary Engine/Vehicle Interface Requirements
Innovative Design Solutions or Technologies

Interchange with vehicle primes at NASA-MSFC Conferences

Preliminary DDT&E costs for a common engine for the Lunar Transfer
Vehicle (LTV) and Lunar Excursion Vehicle (LEV)

Propulsion analysis for various mission and operational scenarios

Final report suitable for use by vehicle primes in assessing propulsion
requirements

RIPE/130417-S5a-T 2 1




3.1, Design and Parametric Analysis, (cont)

design. GLIDCOP is a dispersion hardened material less sensitive to the high radiation
environment of space than NASA-Z as yield strength and volume changes are
negligible for expected mission radiation doses. See Tables 3.1-3 and 3.1-4.

The low cycle fatigue life and chamber thermal performance are
improved through use of a microchannel design for the coolant channels. A conven-
tional channel design would use 30 mil channels in the throat with channel widening in
the chamber converging, diverging, and barrel sections. The temperature variation
using the 30 mil channels appreciably shortens chamber life due to higher induced
stresses. The small temperature variation in the micro-channel design (11 mil channels,
10 mil lands) reduces stresses and improves reliability as adjacent channels can ade-
quately cool the material around a blocked coolant channel. Channel geometry varies
in both width and depth for most effective cooling with lowest pressure drop. The basic
channel design was demonstrated in the NASA LeRC funded cooled throat program.
(See Reference 8)

b. Liner Closeout — The liner closeout utilizes technology devel-
oped under NASA LeRC contract for electroforming with two metals simultaneously.
A nickel cobalt (NiCo) electroformed closeout was demonstrated on the hydrogen
cooled throat for the 3.0K 1bf TCA program. This bimetal alloy has 3 times the strength
of a nickel electroform, allowing a thinner closeout and improved cycle life.
Alternatives to the NiCo closeout that could be used are Nickel-Manganese and Nickel-
Chromium. Strength would be about the same, but there could be an improvement in
the electroforming process that would give higher yields of finished liners. This could
be an important consideration given the high value of the machined copper liners.

c. Dimensions and Manifolds — The 20,000 Ibf thrust TCA cham-
ber has a throat diameter of 2.5 inches, a barrel diameter of 10 inches, and a length (L’)
of 12 inches. The contraction ratio is 15.3. The hydrogen inlet manifold will be attached
at a position equivalent to a 28:1 area ratio. A platelet filter will be designed as an
integral part of the manifold to protect the microchannels from any debris that could
cause a flow blockage. The manifold will be designed for even flow distribution, and

22
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Table 3.1-3

CTP Engine Materials Selection

+  THRUST CHAMBER ASSEMBLY IN A HIGH RADIATION ENVIRONMENT

Swelling of Neutron Irradiated Copper Alloys

Volume % Increase After Irradiation

Material 3 dpal” 15 dpa?’

Copper:

Marz**grade (99.999%) 1.8 6.8

OF grade (99.95%) 21 6.6
DS Copper:

C15720 0.8 0.9

C15760 1.1 0.6
Precipitation Hardened:

Cu-Zr nil 3.6

Cu-Mg-Zr-Cr

nil

nil

1. 3dpa corresponds to fluence of 0.4 x 1026 n/m2 (En > 0.1 MeV)
2. 15 dpa corresponds to fluence of 0.4 x 1026 /m2 (En > 0.1 MeV)

* dpa = displacements per atom

**  Trade Name
SCM Metal Products
Cleveland, Ohio

17.44-7armv
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3.1, Design and Parametric Analysis, (cont)

each channel will be flow checked and compared for acceptable uniformity. The
coolant hydrogen is collected in a manifold at the top of the chamber for routing to the
hydrogen turbopump.

d. Injector — The injector is unusual in that it incorporates inlet
and collection manifolds for the hydrogen flow to the baffles (Figure 3.1-1A) as well as
the usual inlets for hydrogen and oxygen for combustion. There are also flow circuits
for the two GOX/GH igniters and their laser ignition source. The dome of the injector
also has a structure for attaching the gimbal actuators for the pitch and yaw gimbal (as
illustrated in Figure 3.1-3).

(1) Element Design - The highest performing oxy-
gen/hydrogen injector element is the I-triplet. It delivers very nearly 100% energy
release efficiency in a chamber length of eight inches. The high energy release in such a
short combustion length poses a chamber compatibility problem. Aerojet has addressed
this in Task C.4 of the OTV engine contract by tailoring the element performance and
energy release for element position in relation to chamber or baffle walls. The injector
will have five versions of the element for maximum chamber compatibility and per-
formance. This element is designed for gas-gas mixing. The oxygen phase change is
accomplished in the LOX/GH3? heat exchanger (HEX) and all oxygen entering the
chamber is in the gas phase. Combustion stability with gas-gas elements is excellent
over a very wide range of chamber pressures. This is needed for a throttling range of
20:1 without excluded thrust bands or potential mixture ratio fluctuations as the oxygen
transits the two-phase region. (See Ref. 3).

(2) Face Bleed - The injector has precise etched flow passages
for hydrogen face bleed for cooling the face, the chamber wall, and the baffle plates near
the injector. This increases injector and chamber life at some cost to energy release effi-
ciency. The precise percentage of hydrogen used for face bleed will be determined in
the detail design, but should not exceed 6%. A means of reducing face bleed is to con-
struct the injector and baffle plates of platinum instead of nickel and copper as was
baselined in the 7.5K Ibf thrust engine design. Recent extensive development of plat-
inum series metal technology for rocket engine thrust chambers has reduced the risk of

such an approach and made it consistent with an ultra-high performance engine design.
(See Ref. 4)
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3.1, Design and Parametric Analysis, (cont)

(3) Injector Concept - The spoke and hub baffle design breaks
the injector face into several independent sections. These small injector areas are readily
constructed using Aerojet’s well developed platelet technology. The approximately 1/4
inch thick sections will be electron beam welded and/or brazed to the inconel injector
body to form the hydrogen circuit. Oxygen posts pierce the hydrogen manifold and are
centered in each element opening to complete the element. The dome of the injector
covers the oxygen compartment. Oxygen posts are welded to the base of this compart-
ment which also divides the hydrogen and oxygen manifolds. This is a substantial
structural part with all welded joints to assure there will be no internal hydrogen and
oxygen mixing. Both the oxygen and hydrogen compartments are partially segmented
to accommodate the hydrogen flow passages into and out of the baffles. They are also
tailored to accommodate the two ignitor ports.

(4) Baffle Construction - The baffle flow circuits are indepen-
dent of injector flow circuits as their function is to increase the heat input to the hydro-
gen. A secondary function is combustion stability. The baffles divide the injector into
small compartments to maintain a high proportion of wall area in close proximity to
combustion gas. From 40 to 60% of the total heat transferred to the hydrogen is due to
the baffles. The hydrogen is distributed to the baffle compartments by two semi-cir-
cular manifolds that are welded to the manifold used to collect hydrogen flowing from
the regen cooled chamber. This weld line forms the mechanical connection between the
injector and the regen cooled chamber. The hydrogen flows down into the baffles,
around the tip, and up the back side to a separate collector system terminating in two
semi-circular manifolds that are welded to the top side of the baffle inlet manifold. The
basic injector design has three separate manifolds which are stacked to form the hy-
drogen flow circuits. The baffle inlet and outlet manifolds are divided in two sections to
allow the igniter ports the necessary space to function.

The actual baffle plates extend above and below the injec-
tor face. They are built up as discrete sections. They are welded to the inlet and outlet
collectors a section at a time. The sealing surface between the inlet and outlet collector
may have to be brazed as there is no convenient means of welding the joint. The collec-
tors are constructed of nickel 200. The baffles are NASA-Z copper in the baseline
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3.1, Design and Parametric Analysis, (cont)

design, but may be constructed of platinum or platinum alloy depending on the
assembly techniques and thermal margins required. Both the copper/nickel system and
the nickel/platinum system have a common liquids so welding is possible. The baffles
are formed from platelets with chemically etched passages for the hydrogen flow which
are diffusion bonded into a unit. The rounded baffle end is finish machined to the

correct dimensions after bonding. See Figure 3.1-2 for a cutaway of the 7.5K Ibf TCA
baffle plate.

The injector segments are welded or brazed to the portion
of the injector body used as a hydrogen compartment. The dome of this compartment is
pierced by the oxygen posts that must be centered in the elements. The complete ele-
ment is formed when the injector segments are fitted into place with the respective oxy-
gen post inside. Hydrogen is fed to the compartment from a passage adjacent to one of
the ignitor ports. A similar passage adjacent to the ignitor port on the opposite side of
the engine feeds the oxygen compartment. The oxygen compartment dome is welded
onto the hydrogen dome with a circumferential fusion weld. At the top center of the
oxygen dome is a cylindrical extension used as an attachment point for the £6° pitch
and yaw gimbal system. This injector assembly is slipped into the conforming openings
in the baffle assembly and manifolds. Final assembly requires the injector segments to
be welded to the baffle plates and the oxygen dome to be welded to the baffle outlet
manifold structure. The injector body will be an inconel or monel alloy that forms a
good braze and/or weld joint with the nickel injector face plates, and that can be used
for both oxygen and hydrogen service. Manifolds will be of the same alloy. Differences
in thermal coefficients of expansion must be kept within bonded joint material limits for
the expected thermal cycling. The injector assembly will operate at fairly low temper-
atures as the baffle circuit is fed by liquid hydrogen and the hydrogen stream to the
injector has cooled considerably from heat given up in the LOX/GHJ> heat exchanger
and regenerator.

e. Stress Relief and Component Mounting Structure — The throat
area of the chamber must be protected from damaging stress or side loads. This is ac-

complished by using a “can” structure and extends to the hydrogen inlet manifold. The
connection to the inlet manifold is a sliding joint that allows for thermal expansion of
the chamber in the longitudinal direction but acts as a rigid stress takeout structure for
side loads (See Figure 3.1-3).
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3.1, Design and Parametric Analysis, (cont)

This “can” serves as a convenient mounting structure for var-
ious engine components. In particular, the two turbopumps will be mounted on it.
Bracketry extending from the can will be used to mount the various valves and to sta-
bilize the many lines and electrical wire bundles.

f. Gimbal Structure — The throat gimbal system must also serve
as a thrust takeout structure. This requires that the flanges connecting the circular box
gimbal structure to the hydrogen inlet manifold be of fairly robust construction. The
gimbal structure is located near the throat plane for a true throat gimbal. The actuators,
however, are located on the structure above the engine. They are placed 90° apart and
are connected to the cylindrical top of the injector oxidizer dome. Movement of the
actuator rods pivots the engine about the throat gimbal point in any combination of +6°
pitch and yaw change from a centered thrust vector. Actual thrust takeout is accom-
plished where the throat gimbal system attaches to the engine mounting structure. The
actuator rods see only the inertia loads related to moving this engine mass.

3.1.1.2 Oxygen Cooled Nozzle

a. Concept — No detailed design has been completed for the oxy-
gen cooled nozzle. The baseline concept is a copper alloy swaged tube bundle that is
welded and then contoured on a mandrel. The inlet manifold is at area ratio 35. All
tubes extend to the practical limit for forming and are then bifurcated. The bifurcations
extend to area ratio of 600:1. They are then doubled back for half the length of the
nozzle where they are terminated at the outlet ring manifold.

An alternative to the swaged and brazed tube bundle is a cop-
per platelet structure that would be formed in sections that are then welded into a con-
ical structure that would be formed to the final contour on a mandrel. A third possi-
bility is a structure formed from two copper sheets that are explosively welded together
with flow passages formed by material that could be removed by melting or solution. A
design trade study is needed to select the best configuration. Figure 3.1-4 shows the
three concepts that have received some study.
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3.1, Design and Parametric Analysis, (cont)
3.1.1.3 Radiation Cooled Nozzle

Material selection governs the design configuration. The candidate
materials are a 2 directional wound carbon-carbon composite, and columbium. The
joint temperatures are compatible with either material. The carbon-carbon will be
lighter but does not have the established reliability of the columbium. The columbium
requires a silicide or other coating to prevent oxidation. The carbon-carbon would
require a silicon carbide impregnated layer to control both erosion and oxidation. The
columbium nozzle would have two stiffening rings. The carbon-carbon nozzle would
have a thicker section at the nozzle exit and where the pads for the retraction/extension
assembly attach. Both would have sections of varying thickness to reduce weight. Both
would be contoured for optimum performance.

The retraction/extension mechanism uses three jackscrews driven
by 28 volt DC electric motors. The three motors are mechanically connected by a steel
cable drive shaft inside a circular tube. This shaft assures synchronized motor operation
and gives a doubly redundant capability to the mechanism as any one motor can oper-
ate all three jackscrews. The reliability of such a mechanism is demonstrated by the
millions of garage door openers that are of a similar design. The motors and cable way
are attached to the gimbal structure at the top of the engine. See Figure 3.1-5.

The attachment to the nozzle and the seal are critical design ele-
ments. The seal is a double finger leaf seal that can readily make and break the seal
many times without significant wear or an increased leak rate. With the seal at an area
ratio of 600, the gas pressure across the seal is only about 0.3 psia. This simplifies the
sealing problem. The design intent is to have a rugged seal capable of many nozzle
movements without an over emphasis on leakage rates.

3.1.14 Oxygen Boost Pump

The low propellant tank pressures pose a very difficult turbopump
design problem. Aerojet has determined that two separate units give the best perfor-
mance potential. The first is a low head rise, low speed four stage boost pump that
takes the oxygen at vapor pressure and boosts it to 55 psia for feed to the high speed
turbopump. The boost pump turbine is driven by a portion of the first stage TPA pump
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3.1, Design and Parametric Analysis, (cont)

output. Turbine outlet flow is combined with the pump output. The low speed oper-
ation allows a conventional ball bearing design for the rotating elements. This boost
pump is installed just below the dual, in-series vortex generation flowmeters. Flexible
line sections needed for gimbal motion connect it to the high speed turbopump.

3.1.1.5 Oxygen Turbopump Assembly

The oxygen TPA is of the design lineage of the 3.0K Ibf thrust oxy-
gen TPA developed and partially tested in the NASA LeRC funded OTV engine
program. (See Ref. 5 and 6). It has an inducer section, two pump stages, and a full
admittance turbine to be driven by 400°F (maximum) gaseous oxygen (GOX) (current
testing limited to ambient temperature GOX). The rotating assembly operates with a
hydrostatic bearing assembly. There is no need for an interpropellant seal or a purge
system. Materials selected for the TPA are copper and nickel in low stress areas, and
monel 400 and K-500 where material strength is demanded. These materials were
selected for best compatibility with oxygen, but the potential rub or friction areas are
further protected by silver plating on the non-moving surfaces and a newly developed
diamond film coating on the moving elements. This diamond film has the hardness of
diamond, the slickness of teflon, and a thermal conductivity several times greater than
pure copper. With this selection of materials and coatings the GOX driven LOX TPA is
capable of full service life and all the required unassisted (i.e., rubbing) bearing starts
required in the tank head start operation. ‘

3.1.1.6 Hydrogen Boost Pump

The low speed hydrogen boost pump is very similar in design to the
low speed oxygen boost pump. It is a four stage pump driven by hydrogen from the
first stage of the hydrogen TPA. Rated pressure at full thrust is 55 psia. It is located in
the line just below the hydrogen flowmeters and is separated from the hydrogen TPA
by flexible line sections that accommodate the gimbal motion requirements. Both low
speed boost pumps are in an area that can be reached by an astronaut in a space suit.
Component changeout will be possible with suitable line disconnects. The high speed
TPAs, however, are packaged in a restricted area that would likely require engine
removal for access. (See Figure 3.1-6).

RITT/IN417 852-3.0-3.4 2 34




epis dwndoqiny - Bupmesg inoke ubiseg Areujwijeid aujbu3l ALO "9-1'¢ 9inbid

8jZZON Pejood JOJO 8Auq
?/ uaBAxQ pue p8jood aneA ssedAg vdl uoIsusix3
,//co_ﬁ_umm ueemjeg yuor auKqn] |an4 jend 81ZZON
1 piojuen 19InO vdl
/ CQQ>XO 19Z1IPIXQO
1] _ I
]
] ]
[ J
° . - :
R
1
—H - - - - - - - T
1]
!
ﬁ\ [ !
]
i _
MB1ISHO. 1
ﬁ euipeeD
8|ZZON P8joeD requio e 1)
b s e g

BA[BA 8INSSA.d %oBg XO




3.1, Design and Parametric Analysis, (cont)
3.1.1.7 Hydrogen Turbopump Assembly

Aerojet has developed a hydrogen TPA very similar in concept to
that needed for the CTP engine. This TPA is used on the Air Force XLR-134 engine
which is a low thrust LOX/LH) engine. That engine design features six pump stages
and two turbines divided between separate contra-rotating shafts contained in the same
housing. This double shaft system provides for a stout rotating assembly which does
not exceed the critical speed over the normal operating range. For the CTP Engine, the
design provides for an easier assembly and balance procedure. Each shaft will rotate at
whatever speed is needed for the output requirements, but maximum speed at rated
thrust is about 190,000 rpm. All bearings are hydrostatic to meet operating life
requirements. The very tight clearances with a hydrostatic bearing system require
careful materials selection so that expansion and contraction over the wide temperature
range needed for cryogenic operation do not either bind the assembly or produce
unacceptably high flow around the bearing. Materials must also lack susceptibility to
hydrogen embrittlement.

3.1.1.8 Hydrogen Regenerator

A regenerator is a heat exchanger used to transfer heat from the hy-
drogen gas exiting the turbine section of the TPA to the hydrogen stream directed
through the baffle flow circuit. This converts what was waste heat into usable energy
for driving the turbopump. The regenerator is downstream from the LOX/GH3 heat
exchanger and immediately upstream from the engine injector. One effect of the regen-
erator is to cool the hydrogen stream going into the injector. The result is a lowered
overall injector temperature. The regenerator is an example of the Aerojet platelet tech-
nology originally developed for injectors but finding wide application in various flow
devices. In appearance, it is a short block of metal shaped much like a dogbone with
rounded structures at the ends being used for hydrogen inlet and outlet line connec-
tions. The very fine, close proximity flow passages characteristic of platelet design give
an exceptionally efficient heat transfer structure. (See Figure 3.1-7). High AT’s are
maintained by counter-flowing the two streams. The baseline materials for the regen-
erator are zirconium copper platelets with either a silver or nickel bonding aid used in
the brazing. A proposed light weight alternative is to use beryllium platelets.
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3.1, Design and Parametric Analysis, (cont)
3.1.1.9 Liquid Oxygen/Gaseous Hydrogen Heat Exchanger (HEX)

The HEX is a critical element in the operation of the dual expander
engine. The engine cycle depends on the efficient heating of oxygen for turbine drive
gas for the oxygen turbopump. The HEX provides one-half to two thirds of the
enthalpy change needed with the balance gained in the oxygen cooled nozzle. The oxy-
gen out of the high pressure pump is counter flowed with hydrogen coming from the
hydrogen TPA turbine outlet. This gives a very high AT for efficient heat transfer
despite the poor heat transfer characteristics of oxygen. The HEX is similar in
appearance and general construction to the regenerator. It is larger, with more flow
passages to minimize pressure drop with the high flowrate of oxygen. The oxygen flow
passages will depart from the straight rectangular flow passage design used on the
hydrogen side in that they will include turbulence generating devices/geometries to
prevent unmixed two phase flow. Two phase flow is caused by rapid film boiling as the
oxygen changes from a liquid to a gas and is only a problem at low pressure operation.
At rated thrust the oxygen traversing the HEX is supercritical and the phase change
should take place uneventfully. The HEX is the preferred site of the phase change as the
exiting stream next enters the oxygen cooled nozzle. The oxygen must be homogeneous
to have predictable heat transfer characteristics for a critical cooling task. The materials
for the HEX are zirconium copper or NASA-Z platelets with monel and/or inconel
tubing for propellant inlet/outlet.

3.1.1.10 Engine Valves and Basic Engine Control

The flight engine requires a set of 12 valves for normal operation.
See Figure 2.1-1 for the valve position in the schematic. The major control valves and
their functions are described below:

a. Hydrogen Flow Proportioner Valve — This valve is used to

divide the cold hydrogen stream from the pump into two streams feeding the regen
cooled chamber and the engine baffle plates. Its neutral position is at a 50-50 split. It
can be commanded to adjust the flow 25% of total flow to either circuit. There is no
existing design for this valve and several mechanisms are possible. It will be a 28 volt
DC motor driven valve with separate drive coils with independent power sources for
reliability. The dominant failure mode is to fail safe to a centered flow split. The valve
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3.1, Design and Parametric Analysis, (cont)

is commanded to a particular position representing a flow-split that the engine
controller has computed will optimize the hydrogen stream temperature going to the
TPA turbine. This must be done in conjunction with the regenerator bypass valve posi-
tion which sets the flow split for the hydrogen going through the regenerator or directly
to the baffles. Any missetting of these two valves is compensated by an adjustment of
the hydrogen turbine bypass valve which has its own independent feedback loop. At
low thrust operation the proportioner will direct more flow through the chamber to
control the bulk temperature rise while the regenerator bypass valve will go to full
bypass. At full thrust a larger portion of the hydrogen flow will be directed to the baffle
circuit with maximum flow through the regenerator. This gives the greatest thermal
energy to the hydrogen TPA.

b. Hydrogen Regenerator Bypass Valve — This valve can direct all
but 25% of the hydrogen baffle flow through the regenerator. The 25% is reserved as a

control margin and can be reduced during overthrust or other abnormal operation.
When the valve is fully open it is pressure balanced with the regenerator so that some
flow always goes through the regenerator. The regenerator line may have to be orificed
to assure that the minimum flow needed for low chamber pressure operation is
attained. As noted above, the turbine bypass valve accommodates minor missettings of
this valve by changing the amount of hydrogen bypassed around the turbine. The fail-
ure mode of this valve is fail-in-place with fail-full-open as an alternative. The valve
will be powered by redundant 28 volt DC motors with independent power supplies.

c¢. Hydrogen Idle Valve — This valve is designed to provide mix-
ture ratio control during tank head start. On start it is fully open to provide a low pres-
sure drop passage to the injector. On light off the valve modulates between full open
and closed to assist in setting the mixture ratio until the hydrogen turbine bypass valve
becomes effective. Mixture ratio is computed from total hydrogen and oxygen flow
rates. With the main shutoff valves designed for simple open or closed operation, the
only possible mixture ratio control is to change the pressure drop in either the oxygen
or hydrogen circuit. The oxygen has the lowest tank pressure but the hydrogen circuit
has more components adding pressure drops. The hydrogen idle valve is positioned to
open a low pressure drop path for some of the hydrogen. With the circuits balanced for
a tank head start condition, the relatively small idle line is capable of the control needed
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3.1, Design and Parametric Analysis, (cont)

using a modulating valve. The valve is designed to close at line pressures of 200 psia so
that normal system pressurization can continue under increased output from the
hydrogen TPA. A “close” signal should also be given by the controller when the
hydrogen turbine bypass valve can assume responsibility for mixture ratio control.
Unlike the other modulating valves, the idle valve must make a tight, leak free seal on
closing. Its failure position is closed. Electrical redundancy is also needed for this
valve.

d. Hydrogen Turbine Bypass Valve — This valve is in a line paral-
leling the circuit through the hydrogen TPA turbine. Closing the valve directs all
hydrogen through the turbine. With the valve full open there will still be some flow
through the turbine as the circuits will be pressure balanced. It is a modulating valve
capable of stabilizing at any position from closed to full open. At nominal thrust it
should be at the 10% bypass position for normal control authority. This control margin
can be invaded for overthrust or other abnormal engine operation. The controller will
direct the valve to a particular position corresponding to the commanded thrust and
mixture ratio. It will then modulate based on feedback as to actual operation. When a
thrust or mixture ratio change is commanded the oxygen turbine bypass will start the
movement to the new position. The hydrogen turbine bypass valve will follow so that
the change is synchronized. After the oxygen turbine bypass valve has stabilized, the
hydrogen turbine bypass valve will make the final position change for mixture ratio
tuning. The bypass valve will also compensate for any initial missetting of the regen-
erator bypass and hydrogen proportioner valves as reflected by the hydrogen temper-
ature and pressure to the turbine. This compensation will be automatic up to the 10%
bypass minimum. The controller uses flowmeter readings for the hydrogen and oxygen
circuits to derive both thrust and mixture ratio information. This is correlated with
thrust calculated from chamber pressure. Flowmeter readings are also compared with
flowrate calculated from turbopump speed and output pressure. This is particularly
useful at low thrust operation where flowmeter readings have the greatest errors.

e. HEX Bypass Valve — The temperature of the oxygen entering
the turbine is controlled by the HEX bypass valve. This valve is on the hydrogen side as
it was judged better to route all oxygen through the HEX to assure the phase change is
completed prior to entering the oxygen cooled nozzle. The hot hydrogen from the
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3.1, Design and Parametric Analysis, (cont)

TPA turbine discharge is counterflowed with the liquid oxygen just discharged from the
oxygen TPA to give the oxygen about two thirds of the enthalpy change needed to
power the oxygen TPA turbine. The bypass valve adjusts the hydrogen flow based on
feedback from the oxygen turbine inlet temperature for a not-to-exceed maximum of
400°F and from the controller for an initial positioning corresponc:ag to the
commanded engine thrust. This valve and the oxygen turbine bypass valve will be
closely synchronized so that there is no controls “hunting” during thrust changes. For
instance, on receiving a throttle up command the oxygen HEX bypass valve will go to
the 25% bypass position until the oxygen to the turbine approaches 400°F. At that
point, the turbine bypass valve will modulate to hold the selected thrust and the HEX
bypass will hold a stable temperature. This adds stability to the hydrogen circuit as the
hydrogen temperature to the regenerator will stay within a narrow range. The
regenerator bypass valve, then, has only a small amount of movement related to
temperature compensation. The valve will operate from 25% bypass to about 100%
bypass (based on power balance runs) to cover the engine operating range.
Specifications for this valve will be very similar to the hydrogen turbine bypass valve.

f. Oxygen Turbine Bypass Valve — This valve is used for engine
thrust control. The controller commands it to move to a designated position cor-
responding to the desired thrust. After the move is made, feedback information on total
propellant flowrate and chamber pressure is used to trim the position to a setting cor-
responding to actual engine thrust. The hydrogen turbine bypass valve moves in step
with the oxygen turbine bypass valve until the designated position is reached. At that
time the hydrogen turbine bypass valve will modulate to establish commanded engine
mixture ratio. The oxygen turbine bypass valve was selected for thrust control as per-
cent bypass is very linear with thrust. Itis the master control valve for the engine. The
technique of commanding a modulating valve to a specific position in a “look-up table”
for setting thrust requires both well established valve operating characteristics and a
position indicator of high reliability and accuracy.

The oxygen turbine bypass valve must be fabricated from
materials found compatible with hot oxygen. Copper, nickel, several of the monels, and
various ceramic materials are good candidates.
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3.1, Design and Parametric Analysis, (cont)

g- Ignitor Valves — Simple poppet type valves are suitable for use
on the one quarter inch ignitor propellant lines. The hydrogen valve will have a cali-
brated leak path around the seat to allow hydrogen flow through the ignitor cavities for
cooling. Each valve will have dual redundant electrical actuation coils for reliability.
Ignitor flow is routed to two separate ignitors. These ignitors use laser ignition with
two lasers in each ignitor and two separate power supplies for reliability. The valves
must close at high (>300 psia) line pressures.

3.1.1.11 Engine Controller

Aerojet has developed an engine controller for the Advanced
Launch System (ALS) engine that can be readily modified to CTP engine requirements.

3.1.1.12 Health Monitoring System

This CTP Advanced Engine was designed with an integrated control
and health monitoring (ICHM) system baselined. All engine components will have
designed-in sensors selected to meet overall system requirements. Sensor data is evalu-
ated by health monitor algorithms in a computer. Selected data streams and computed
information are used for immediate action by the engine controller, or stored for later
maintenance decisions. As an example, during throttle-down operation the lower
flowrate of hydrogen through the regen chamber reduces cooling effectiveness. Should
throat temperature approach 800°F the health monitor system will signal the engine
controller that continued operation at the selected thrust load will require a mixture
ratio change to increase hydrogen flow (and chamber cooling) or a change in the pro-
portioner valve setting to direct more hydrogen to the chamber circuit. This is decision-
making to protect hardware and extend its life. More pressing failure indications
would lead to a shutdown prior to a catastrophic failure. The fact that this is a decision-
making system supports some software development using expert systems and artificial
intelligence techniques.

312 Power Balance

A rocket engine power balance is an energy and mass balonce com-
puted at a particular point within the engine operating envelope. If a computation does
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3.1, Design and Parametric Analysis, (cont)

balance (i.e., there is a solution within the capability of the engine components), then the
point is, by definition, within the engine operating envelope. If there is no balance
(generally indicated by a failure to close on a solution after a defined number of itera-
tions), the selected point is outside of the engine operating envelope. An array of bal-
ance points on a plot of chamber pressure versus mixture ratio is used by Aerojet to
define the engine operating envelope. Thrust or total propellant flowrate could be sub-
stituted for chamber pressure to generate similar operating envelopes. As an example,
Figure 3.1-10 is the operating envelope for the series flow dual expander cycle used in
the 7.5K 1bf thrust engine design.

3.12.1 Power Balance Development

A power balance can be hand calculated from the basic equations
through 3 or 4 iterations in about 4 hours. The Aerojet OTV engine power balance pro-
gram from data input to printout takes about 15 minutes. This time savings was
achieved at a heavy input of programming hours in developing the code. It is now in
its fifth generation with the most recent modeling required to change from a series flow
to a parallel flow dual expander cycle.

Each active component must be modeled for a look-up table within
the program. Figure 3.1-11 gives some examples of the algorithms used for various
components. For this study actual preliminary designs had to be defined at each of the
five selected thrusts for accurate component modeling. This was particularly true of the
turbopumps and the thrust chamber injectors. The initial design point for each tur-
bopump was determined (See Tables 3.1-5 and 3.1-6) and performance curves calculated
(Figures 3.1-12 and 3.1-13). An equation is then developed for each curve, or points on
the curves are converted to an array of numbers for use in a lookup table. The thrust
chamber /injector was thermally modeled so that hot gas side wall temperatures at
rated thrust/design thrust were below the maximum. Also, preliminary configuration
studies were completed to determine baffle geometry and length. Very early in the
study a common 2000 psia chamber pressure was selected for each thrust as the rated or
nominal full thrust point (100% thrust). A worst case design point of 2000 psia and
MR = 5 was selected for the thermal maximum expected operating point (MEOP). The
chamber design was adjusted so that hot gas side wall temperature would not exceed
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3.1, Design and Parametric Analysis, (cont)

the design maximum at MEOP. The power limiting operating point was expected to be
at a chamber pressure of 2300 psia and MR = 7. Also, the pressure and temperature cal-
culated for this point would be used for stress calculations. This point was not neces-
sarily within the actual operating envelope at all five engine thrust levels. It is a conser-
vative design point. The overthrust capability at 2300 psia chamber pressure is a useful
feature of the engine design. With the components modeled, the power balance devel-
opment followed the logic path as shown in Figure 3.1-14.

The power balance program begins by balancing the oxygen circuit
(see Figure 3.1-15). The HEX heat transfer rate is the most significant thermal coupling
between the circuits. It is used as an entry to balancing the hydrogen circuit (see
Figure 3.1-16). The operator has several inputs that can be adjusted to assist in the bal-
ance. Itis an interactive program in that the operator can watch the iterations in
progress on the computer terminal and make real time adjustments if the iterations
show it is not closing. Propellant property data is looked up in NBS or NASA derived
tables for accurate calculations at each point in the cycle. This property data lookup
capability requires the program be run on the PRIME or the VAX computers. The
actual program architecture is based on a commercial spread sheet program.

3.1.2.2 Power Balance Results

The chart in Figure 3.1-17 summarizes the power balance results for
the 7.5K Ibf thrust engine at rated thrust. One of the features of the program is the
ability to iterate the effect of turbine wheel diameter on TPA performance. In this
example a 2.35 inch wheel diameter was used. Figure 3.1-18 gives the power balance
results for the parallel flow 20K Ibf thrust engine. The operating temperature and pres-
sures are much lower for the parallel flow version but the chamber pressure is the same.
Tables 3.1-7 through 3.1-12 give the important temperatures and pressures for engines
of 20K Ibf thrust and 50K Ibf thrust at mixture ratios of 5, 6, and 7. A gratifying result of
the power balance work was the ability of the cycle to sustain a 2000 psia chamber pres-
sure over the entire thrust range of interest. The engine envelopes were explored to see
what the maximum chamber pressure would be, given the baseline component perfor-
mance. For the 20,000 Ibf thrust engine the maximum chamber pressure at MR = 7 was
over 2500 psia giving a 25% overthrust capability. For the 50,000 Ibf thrust engine the
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Tank Conditions
Pump Conditions
Ox: Cool

Side Heat Exchanger

Fuel: Cool

Side Regenerator
Regen Jacket
Baffles

Ox Nozzle Cooling
Turbine Conditions
Hot Side HEX

Gas Side Regenerator

Injector

Combustion Chamber, Pc

RI'T/1>0417-55a.T

TABLE3.1-7

CTP ENGINE POWER BALANCE
THRUST =20K1bf MR=5
Oxidizer
= 15.0  (psia)
= 1627 (degR)
P= 36298 (psia)
= 1824  (degR)
P= 33197 (psia)
= 537.0 (degR)
P=
T=
= 32922  (psia)
T= 860.0 (degR)
P= 23076 (psia)
= 7944 (degR)
P=
P= 20096 (psia)
= 800.4 (degR)
2000 psia

56

Fuel

20.0
37.8

4543.4
93.5

4363.5
478.4

4122.8
601.5

4319.1
994.1

2595.7
723.2

2409.8
462.0

2224.1
3739

2003.3
3739

(psia)
(deg R)

(psia)
(deg R)

(psia)
(deg R)

(psia)
(deg R)

(psia)
(deg R)

(psia)
(deg R)

(psia)
(deg R)

(psia)
(deg R)

(psia)
(deg R)




TABLE 3.1

CTP ENGINE POWER BALANCE
THRUST =20K1lbf MR=6

Oxidizer Fuel
Tank Conditions = 15.0  (psia) 20.0 (psia)
= 1627 (degR) 37.8 (deg R)
Pump Conditions = 37642 (psia) 3958.7 (psia)
= 183.1 (degR) 87.1 (deg R)
Ox: Cool = 3441.0 (psia)
Side Heat Exchanger = 555.0 (degR)
Fuel: Cool = 3822.5 (psia)
Side Regenerator = 466.3 (deg R)
Regen Jacket = 3635.0 (psia)
= 646.1 (deg R)
Baffles = 37825  (psia)
= 10125 (deg R)
Ox Nozzle Cooling = 34113  (psia)
= 855.0 (degR)
Turbine Conditions = 23433 (psia) 2397.5 (psia)
=  78.1 (degR) 7595  (degR)
Hot Side HEX = 2300.5  (psia)
= 4356  (degR)
Gas Side Regenerator = 2169.8 (psia)
= 365.7 (deg R)
Injector = 20154 (psia) 20029  (psia)
= 7925 (degR) 365.7  (degR)
Combustion Chamber, Pc 2000 psia
RPT/D0417-55& T 57 I




Tank Conditions

Pump Conditions
Ox: Cool
Side Heat Exchanger

Fuel: Cool

Side Regenerator
Regen Jacket

Baffles

Ox Nozzle Cooling
Turbine Conditions
Hot Side HEX

Gas Side Regenerator

Injector

Combustion Chamber, Pc

RI"E/1XM17-55a-T

TABLE 3.1-9

CTP ENGINE POWER BALANCE
THRUST = 20K 1bf

Oxidizer

15.0
162.7

3875.3
183.8

3547.1
586.8

3512.8
856.8

2378.2
785.2

2011.6
792.9

MR =7

(psia)
(degR)

(psia)
(degR)

(psia)
(deg R)

(psia)
(deg R)

(psia)
(deg R)

(psia)
(deg R)

2000 psia

Fuel

20.0
37.8

3705.1
84.9

3600.7
403.7

3393.0
675.9

3573.1
1009.7

2305.8
776.7

2231.8
377.0

2133.4
349.4

2002.9
349.4

(psia)
(deg R)

(psia)
(degR)

(psia)
(deg R)

(psia)
(deg R)

(psia)
(degR)

(psia)
(deg R)

(psia)
(deg R)

(psia)
(deg R)

(psia)
(deg R)




Tank Conditions
Pump Conditions
Ox: Cool

Side Heat Exchanger
Fuel: Cool

Side Regenerator
Regen Jacket
Baffles

Ox Nozzle Cooling
Turbine Conditions
Hot Side HEX

Gas Side Regenerator

Injector

Combustion Chamber, Pc

RPT/D0417-55a-T

TABLE3.1-10
CTP ENGINE POWER BALANCE
THRUST =50K1bf MR=5
Oxidizer
P= 15.0  (psia)
T= 162.7  (degR)
P= 3670.7 (psia)
T= 1829  (degR)
P= 34046 (psia)
T= 560.0 (degR)
P=
T=
P=
T=
P=
T=
P= 33174 (psia)
T= 8600 (degR)
P= 23119 (psia)
T= 7932  (degR)
P=
T=
P=
T=
P=  2006.2 (psia)
T= 7993 (degR)
2000 psia
59

Fuel

20.0
37.8

5555.5
104.7

5479.5
606.9

4044.3
554.7

5376.1
1354.0

2504.7
862.7

2351.7
585.6

2224.1
448.5

2003.6
448.5

(psia)
(deg R)

(psia)
(deg R)

(psia)
(deg R)

(psia)
(deg R)

(psia)
(deg R)

(psia)
(deg R)

(psia)
(deg R)

(psia)
(deg R)

(psia)
(deg R)




TABLE 3.1-11

CTP ENGINE POWER BALANCE
THRUST = 50K lbf

Tank Conditions

Pump Conditions

Ox: Cool

- Side Heat Exchanger

Fuel: Cool

Side Regenerator
Regen Jacket

Baffles

Ox Nozzle Cooling
Turbine Conditions
Hot Side HEX

Gas Side Regenerator

Injector

Combustion Chamber, Pc

RIT/1)0417-55¢ T

=

—

=

=

=

Oxidizer

15.0
162.7

3800.3
183.6

3523.0
582.0

3425.8
860.0

2346.0
790.1

2006.1
796.9

MR =6

(psia)
(deg R)

(psia)
(deg R)

(psia)
(deg R)

(psia)
(deg R)

(psia)
(degR)

(psia)
(deg R)

2000 psia

Fuel

20.0
37.8

47229
95.9

4665.6
589.1

3588.6
589.6

4577.5
1368.6

2357.1
896.7

2253.1
550.2

2169.7
453.1

2004.6
435.1

(psia)
(deg R)

(psia)
(deg R)

(psia)
(deg R)

(psia)
(deg R)

(psia)
(deg R)

(psia)
(deg R)

(psia)
(deg R)

(psia)
(deg R)

(psia)
(deg R)




TABLE 3.1-12

CTP ENGINE POWER BALANCE
THRUST =50K1bf MR =7

Oxidizer Fuel
Tank Conditions = 15.0  (psia) 20.0 (psia)
= 1627 (degR) 37.8 (deg R)
Pump Conditions = 39430 (psia) 4193.9 (psia)
= 1844 (degR) 90.3 (deg R)
Ox: Cool =  3658.1 (psia)
Side Heat Exchanger = 607.8 (degR)
Fuel: Cool = 4149.4 (psia)
Side Regenerator = 562.0 (deg R)
Regen Jacket = 3315.1 (psia)
= 6113  (degR)
Baffles = 4058.4 (psia)
= 1399.9 (deg R)
Ox Nozzle Cooling =  3553.1 (psia)
T= 857.8 (degR)
Turbine Conditions P= 23872 (psia) 2271.3 (psia)
= 7846 (degR) 929.5  (degR)
Hot Side HEX P= 2194.8 (psia)
= 506.4 (deg R)
Gas Side Regenerator = 2135.1 (psia)
= 4196  (degR)
Injector P= 2011.6 (psia) 2004.8 (psia)
= 7922 (degR) 419.6 (deg R)
Combustion Chamber, Pc 2000 psia
61
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3.1, Design and Parametric Analysis, (cont)

maximum chamber pressure was about 2100 psia at MR = 7. There is a dropoff with
increasing thrust, but it is less than was expected before the study calculations were
completed. With these encouraging results the baseline of 2000 psia chamber pressure
was kept throughout the study.

Additional power balances are given in Appendix B for the high
mixture ratio operation.

3.1.2.3 Modified Liquid Engine Transient Simulation Program (MLETS)
Analysis

The power balance program discussed in the previous paragraphs
assumes steady state engine operation with no consideration of the time dependency of
the engine operation. The MLETS program performs similar mass and energy balances
but adds the time dependent features of the components and engine system. The
MLETS is the most recent version of the LETS program which has been in development
for several years at Aerojet. Its complexity is about an order of magnitude greater than
the OTV power balance program. It was also developed for other engine systems and
has had to be adapted to the OTV engine. In its present form it still requires some
development to make it easily usable with the OTV engine, but the preliminary results
presented below show it to be a valuable tool for predicting engine operation and
control requirements.

a. Uses of the MLETS Program — The MLETS can provide valu-
able insight into many design concerns as it includes models for all components and
lines. Concerns of current interest are:

¢ Power balance (backup to the independent power balance
program).

* Engine sensitivities to component design changes.

* Control sensitivities to component operation and engine
operating scenarios.
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3.1, Design and Parametric Analysis, (cont)
* Engine stability in operation.

* Engine transient response time and linearity. This includes
start, throttling, and shutdown.

* Ready assessment of different engine configurations without
extensive code reprogramming due to its modular structure.

The program hours assigned to this task were insufficient to do
much more than a preliminary assessment of the engine transient operation. None of
the concerns given above were addressed in the depth desired.

b. Preliminary Results of the MLETS Analysis — The simplified
engine schematic used for the MLETS analysis is given in Figure 3.1-19. The LI

numbers refer to the hydraulic model for that particular line. PU 101 and PU 201 refer
to the TPA pump sections while TU 101 and TU 201 refer to the models for the TPA
turbines. The HEX is HE 101 and the regenerator is HE 102. It should be evident that
the MLETS analysis is limited by the accuracy of the algorithms used to model these
and the other components. In particular, the time dependency of component
performance is suspect until actual components are built and rates of temperature and
pressure change are measured. In practise, the component lags, efficiencies, and other
performance parameters were adjusted by the program operator until a relatively stable
operating configuration was found. The ability to do this in real time makes the MLETS
a valuable design tool. In effect, the component design can be adjusted to match the
circuit. When this program shows that a stable design point has been determined this
can be fed back to the component design team to be used for details of the actual design.

1. Bootstrap Capability. The oxidizer side of the circuit
“bootstrapped” very effectively over the throttle range. This reflects its relative
insensitivity to control changes in the hydrogen circuit. The current engine operating
scenario calls for thrust to be adjusted by use of the oxygen turbine bypass valve. The
MLETS analysis confirmed this as the preferred scenario.
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Figure 3.1-19. CTP Engine Model for MLETS Analysis
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3.1, Design and Parametric Analysis, (cont)

The HEX bypass valve placement causes considerable
interaction with the hydrogen circuit and hydrogen regenerator bypass valve setting in
particular. This interaction can be reduced in a number of ways:

¢ Allow only a small number of thrust dependent oper-
ating points for the HEX bypass valve until it must act
as a temperature limiter for the oxygen going into the
Ox TPA turbine. This will prevent “hunting” of the
regenerator bypass valve.

e Reverse the position of the HEX and the regenerator in
the engine circuit. This effectively decouples the
hydrogen circuit from the oxygen circuit. There may be
a penalty in a larger sized HEX due to the lower delta
temperatures. A circuit schematic for this option is
given in Figure 3.1-20.

There was a “bootstrapping” problem in the hydrogen cir-
cuit. Turbine efficiency was adjusted and turbine bypass decreased until the circuit
“bootstrapped,” but the required bypass was far lower than energy requirements would
indicate. There may be an error in the algorithms that has not been detected. Available
energy should be more than adequate over the throttle range for quick response.

There was one mismatch between the MLETS algorithms
and the proposed control operations that increased the circuit coupling. An algorithm
has not been developed for the HEX bypass valve and the program assumes sufficient
energy extraction in the HEX so that oxygen to the turbine is at 400°F. This is a maxi-
mum value. As long as the oxygen turbine bypass valve is within the normal control
range, the oxygen to the turbine can be less than 400°F. As the oxygen turbine bypass
valve approaches 10% bypass, the HEX bypass must reduce the bypass and increase the
oxygen temperature until 400°F is reached. That marks the end of the usable range for
thrust control on the oxidizer side. With the present engine schematic, movement of the
HEX bypass valve should be limited to a few set points to reduce the circuit coupling.
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3.1, Design and Parametric Analysis, (cont)

2. Qperating Stability. The composite plot in Figure 3.1-21
shows the engine variation with time from the rated thrust operating point with the

engine at thermal equilibrium. At t =126 seconds the engine is allowed to operate
without any control changes. By t = 148 seconds the operating variables have shown a
very minor drift. The change is so slight and so regular that it could as easily be
attributed to minor round off errors in the algorithms as to actual engine instability.

The engine is either dynamically stable at the rated thrust point or very close to it. More
analysis and experimental testing will be needed to establish the actual &  dition. What
the analysis does, however, is confirm that the engine should be readily co...rollable.
The design baseline is for closed loop control. Relatively slow control rates should be
adequate for stability.

3. Engine Throttling. A simulation of engine throttling was
attempted using a controller for each circuit. Thrust was controlled by changing the
oxygen turbine bypass setting while the hydrogen circuit controller attempted to follow
the thrust change by adjusting the hydrogen turbine bypass valve. Proportional plus
integral controllers were used for both the thrust and mixture ratio commands. A num-
ber of runs were made using different controller gains. In each case the engine even-
tually went unstable. There was not enough time available to solve this control prob-
lem, but a solution should come from reducing the circuit coupling through the HEX
and from better modeling of the thermal and flow lags in the system.

The 7.5K Ibf thrust engine was modeled using a different
dynamic code called TUTSIM. (See Ref. 7). Throttle response for this series flow dual
expander cycle is shown in Figures 3.1-22 and 3.1-23. A 10% change in thrust could be
completed in about 0.3 seconds. The parallel flow dual expander should have a similar
response time. Throttle ratio (A thrust/unit time) decreases in the low thrust range due
to lags in the turbopumps at low speed. The engine should be capable of accelerating
from 10% thrust to 100% thrust in 4 to 5 seconds. Throttling down will be somewhat
faster. This is an important performance number for the vehicle prime contractors and
needs to be better defined early in the engine development.

RPT/DO417 55¢-3.0-3.12
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3.1, Design and Parametric Analysis, (cont)

3.13 Performance, Mass and Envelope Parameters

3.1.3.1  Performance — Specific impulse is the best standard for per-
formance measurement with both propellants and area ratio specified. An initial per-
formance comparison over the thrust range used a chamber pressure of 2000 psia and
area ratio (Ae/Ay) of 1200. Mixture ratio was plotted on the X-axis and thrust variation
is shown as the family of 3 curves on Figure 3.1-24. This plot is for delivered specific
impulse at steady state engine operation. The theoretical engine performance was first
calculated from the One Dimensional Equilibrium model (ODE) and then corrected for
kinetic losses using a One Dimensional Kinetic program (ODK) with further corrections
for divergence and boundary layer losses. The corrections for divergence and boundary
layer lossess are calculated using TDK (Two Dimensional Kinetics program) and BLM
'Boundary Layer Model). The performance loss accounting is plotted in Figure 3.1-25 for
the 7.5K Ibf thrust engine. Table 3.1-13 summarizes performance corrections for 7.5K,
20K, and 50K 1bf thrust over an MR range of 5 to 13.

Performance changes with thrust are very minor over the range
studied. There is no significant advantage in changing engine thrust to improve deliv-
ered specific impulse. Thrust selection should be based on other design considerations.
Also, the maximum specific impulse is delivered over a mixture ratio range of 5 to 7
with only minor variations from the peak at MR = 6.3. This can be used to the advan-
tage of the vehicle designers by baselining an active propellant management system that
can program mixture ratio within this range to use all available propellant in the tanks
with no delivered performance penalty. The result is a maximization of the propulsion
system average specific impulse. This is usually more important than the nominal
engine specific impulse.

The dropoff in specific impulse above MR = 6.3 reflects the changing
composition of the exhaust gas species. At higher mixture ratios the average molecular
weight increases causing a reduction in the jet velocity, Vj, according to the equation

1/2

il
V.= N.zﬁ‘llo. 1-(_1_)1)7
) ) ¥1 M P, /
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Pc=2000

Pc=2000

Pc=2000

RIPT/1)0417-55a-T

MR

ODE
ODK
TDK
ABLM
P.I & Del

MR

ODE
ODK
TDK
ABLM
PI & Del

MR

ODE
ODK
TDK
ABLM
P.I. & Del

THRUST LEVELS (7.5K, 20K, AND 50K 1bf)

5
491.1
490.0
488.0

74
480.6

491.1
490.3
488.3

6.6
481.7

491.1
490.5
488.5

6.1
482.4

TABLE 3.1-13
PERFORMANCE LOSS ACCOUNTING FOR VARIOUS

7.5K 1bf Thrust Level
6 7

4944 4945
4925 490.5
490.5 488.5

7.4 74

483.1 481.1

11
409.7
4249
423.2

74
415.8

Throat Radius, ry = 0.765"

20K 1bf Thrust Level
6 7 11
4944 494.6 429.7
4929 4914 425.7
490.9 489.4 4240
6.6 6.6 6.6
484.3 482.8 417.4
Throat Radius, ry = 1.25"
50K 1bf Thrust Level
6 7 11
494 .4 494.5 429.7
493.3 492.1 426.3
491.3 490.2 424.6
6.1 6.1 6.1
485.2 484.0 418.5

Throat Radius, ry = 1.97"

74

12
413.9
409.8
408.2

74
400.8

12
4139
410.5
408.9

6.6
402.2

12
4139
411.1
409.4

6.1
403.3

13
399.7
396.2
394.6

74
387.2

13
399.7
396.8
395.2

6.6
388.6

13
399.7
397.3
395.7

6.1
389.6




3.1, Design and Parametric Analysis, (cont)

where

= average exhaust gas molecular weight
Ru = universal gas constant

y=  ratio of gas specific heat at constant pressure and constant volume
Nj= efficiency factor relating theoretical and delivered jet velocity to the engine
losses

To= stagnation chamber temperature
Po = stagnation chamber pressure
Pj= jet pressure at the exit plane

The T, /M ratio decreases consistently as mixture ratio increases despite the maxima of
T, at the stoichiometric point (MR = 7.94). At any MR above stoichiometric the amount
of unreacted oxygen steadily increases in the exhaust stream. The operation of this
engine at high mixture ratios (>7) must be an economic decision; there is no per-
formance justification.

One other engine operating parameter derived from performance is
the total propellant flowrate. Figure 3.1-26 graphically presents flowrate for each of the
five thrust levels. Table 3.1-14 gives the propellant flowrates in more detail. Thisisona
per engine basis. For a vehicle with a four engine propulsion set multiply by four. This
figure can be readily used to calculate the total propulsion operating time (burn time) at
rated thrust for a given propellant load. For instance, for a set of four 20,000 Ibf thrust
engines, the flowrate is about 174 Ibm/sec. A 288,000 Ibm propellant load is one of the
figures used for the Lunar Transfer Vehicle (LTV). For a total propulsion operating time
of: 288,000 + 174 = 1655 seconds. Propellant residuals and a correction for attitude
control system propellant use would have to be subtracted from the loaded propellant
weight to determine the usable propellant. For a 4 hour total engine operating time
without maintenance, this represents about 8 missions.

3.1.3.2 Engine Mass Computations

A detailed weight and center of mass computation for the 7.5K Ibf
thrust engine was completed during the preliminary design task (Task D.5). The results
are presented in Table 3.1-15. The interface for separating engine weight from vehicle

RPT/D0417 55-3.0-3.12
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TABLE 3.1-14

LTV/LEV ENGINE PROPELLANT FLOWRATES

Thrust 7.5K Ibf

Propellant Flow Rate to Engine

¢ Total (Ibm/sec) 16.38
¢ Oxygen (Ibm/sec) 14.04
e Hydrogen (Ibm/sec) 2.34

Autogenous Tank Pressurization Flow Engine

¢ Total (Ibm/sec) 0.82
¢ Oxygen (Ibm/sec) 0.70
¢ Hydrogen (Ibm/sec) 0.11

Propellant Flow for Combustion

e Total (Ibm/sec) 15.56

¢ Oxygen (Ibm/sec) 13.34

e Hydrogen (Ibm/sec) 222
Notes:

20K Ibf 25K1bf 35KIbf 50K Ibf
43.49 54.36 75.96 108.29
37.28 46.60 65.12 92.82
6.21 7.77 1085 1547
217 272 3.79 5.41
1.86 233 3.26 4.64
0.31 0.39 0.54 0.77
41.32 51.65 7217 102.88
35.42 4427 6186 88.18
5.90 7.38 1031 14.70

1. Autogenous propellant flow assumed to average 5% of flow to engine.

2. Table based on a mixture ratio of 6.

3. Propellant flow at thrusts below nominal are higher than a straight line
extrapolation would predict as specific impulse decreases as the engine is throttled

down.

71

RPT/D0417-35e-T




2o L0 8'82i 1'22e 1'862 v'vL2 W3LSAS V101
00 00 o0ZiT (1K 24) 002 [(1):]1Y) IsIN
00 00 0'Li (0'+2) 002 (0'91) seuyy
L0 co- a1 (1°€9) 9'2S (1°2%) [e10)gnS SeAfeA
0°0}- 0¢e 0°0€} (28 89 (v's) ssedAg x3H 2H/XO
0'8- oe- 0'921 (0°11) 26 (v2) ssedAg ueley zH
02- 08 (1 4Y} (09} 0'S (o) oipt jon4
£8- €Sl 0’101 (1€) 92 (1) $S01d U8B} jen4
£8 €St 0’10} {(1€) 9¢ (1°2) $8e.d yuey xO
00 06 0'801 (9¢) o€ (ve) $S8.d oeq |eny
09 o'tl- ovil (09 0'S (o) ssesd xoeg xO
00 0'8- 0'szl) (0°11) 26 (¥2) ssedAg qin) jeny
06 00 0'tl) 011) 26 ()] ssedAg qun) xO

: SOA[BA
00 06 0221 (9°12) 08l (¥'v1) X3H 2HRO
0'G- 0'S 0'GLL (vg) Sy (9¢) veley zH
0's- €6l 090} {0°9) 0'S (o¥) dwng 1s00g jon4
0'S €S (1] {zd 09 (8'y) dwng jsoog xpO
S't- SiL- oLt {(08t) 0G4 (o2t) vdl eng
5% 3 G'6- 02t (8'01) 06 (22 Vdl X0
00 00 o'stl (o'sti) €86 (9'82) 8|ZZON IX3
00 00 S'Gel {0°09) 005 (oop) jequey) Isnny
Z A X — (%02F _ [CURDON (%02-)

(seyou) wnteq woy w jo 9 wybiem wenny

3LVINILSI LHOISM INIONI AHVNINIT3Hd 1SNHHL 4871 )S°2

SI-IeT1avl

78




3.1, Design and Parametric Analysis, (cont)

weight was the mounting plane. The gimbal actuators and ICHM system were con-
sidered above this plane and are not included in the weight summary. An equally valid
interface would define engine weight as the sum of all items necessary for engine oper-
ation exclusive of the thrust takeout structure and propellant lines above the mounting
plane. These additions and a total are given in Table 3.1-16. Several other interfaces
could be defined with some validity. For example, the engine dry weight as delivered
to the vehicle contractor is a reasonable definition of engine weight based on a contract
requirement.

Table 3.1-16 includes a figure for engine insulation although this
could be applied after engine delivery. It does not include thrust takeout structure as
this is commonly a function of the vehicle design. There is no weight for any nozzle
snubbing system to secure the nozzle when the extendible nozzle section is retracted.
There is no weight for a helium purge system as this engine does not require one.
Those engines that do require a helium system often compute engine weight without it
on the assumption that it is a vehicle system. Users of engine weight data are cautioned
to put each manufacturers weight computations on the same basis before comparisons
are made. Note that a helium purge system can add several hundred pounds io the
vehicle weight, and would not normally be considered as engine weight, but it is
required for the turbopump assembly of a conventional expander cycle engine.

ﬁ
-1
w

Another source of variability in engine weight estimates is material
selections. A lightweight material still in development can be proposed even though it
is unlikely to be used. Also, there may be design uncertainties that, when resolved, will
favor one material over another. An example is the radiation cooled nozzle material.
Table 3.1-17 contrasts the weights of four nozzles, any one of which could be selected
for the final design, yet there is a 2:1 weight ratio from lightest to heaviest. Part of the
selection criteria will be based on structural requirements, part on operating tempera-
ture, and part on a trade-off of weight versus delivered payload. An example of pay-
load sensitivity is given in Figure 3.1-27 for the four nozzles of Table 3.1-17.

The weight computation results for the engines used in the
Advanced Engine Study are given in Table 3.1-18. Note that this is the weight for the
components as would normally be delivered by the engine contractor to the vehicle
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TABLE 3.1-1
7.5K LBF THRUST PRELIMINARY ENGINE WEIGHT ESTIMATE

COMPLETE ENGINE

Component Current Weight Estimate
Propellant Flowmeters (4) 3.0 Ibm
Hydrogen Main Shutoff Valve 8.5
Oxygen Main Shutoff Valve 8.0
Primary Gimbal Actuators (2) 17.0
Engine Out Gimbal Actuator 14.0
ICHM System Electronics 12.0
Insulation 10.0

Sub-Total 72.5
Nominal Gimballed Component Weight 298.1

(From Tah!2 3.1-15)
TOTAL 370.6
TABLE 3.1-17
PRELIMINARY NOZZLE SYSTEM WEIGHT ESTIMATES,
7.5K LBF ENGINE
Columbium Carbon-Carbon
0.020-in. 0.030-in. 0.050-in. 0.060-in.
Nozzle Skin 48.3 724 20.6 24.7
Nozzle Attach 18.1 18.7 7.0 7.0
Nozzle Stiffener 4.7 4.7 1.5 1.5
Ballscrew (3) 8.4 84 84 84
Gearbox (3) 8.1 8.1 8.1 8.1
Ball Nut (3) 54 5.4 5.4 5.4
28VDC Motor (3) 9.0 9.0 9.0 9.0
Flex Cable (6) 42 4.2 42 4.2
Support Strut (6) 5.0 5.0 5.0 5.0
TOTAL (per TCA) 111.2 135.9 69.2 733
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TABLE 3.1-18

ADVANCED FLIGHT ENGINE WEIGHT ESTIMATES

| Material _Component 75K 20K 25K 35K K|
P f Total Weight
GlidCop Thrust 36.66 64.51 84.95 131.34 14.79 13.47 1393 14,66 14.51%
& NiCo Chamber
NiBase Injector 2408 4597 56.24 79.07 9.71 9.60 9.22 8.84 8.89
ZrCu Baffles 8.50 9.79 14.03 22.08 343 2.04 2.30 247 2.58
TCA SubTotal 69.24 12027 15522 23248 2793 25.10 25.45 2598 25.99
Be Ox Cooled 14.20 3880 49.50 71.80 8.73 8.10 8.11 8.02 8.014
Nozzle
cC Rad. 73.34 14395 175.14 24850 29.58 30.05 28.71 2717 27.78
Cooled
Nozzle
Ox TPA 10.00 16.67 23.33 36.67 403 3.48 3.83 410 4.16

Ox Boost 1860 3100 4340 68.20
Pump

7.50 6.47 7.1 7.62 1.74

Fuel TPA 10.00 1667 2333  36.67 4.03 348 3.83 4.10 4.16

Fuel Boost 640 1067 1493 2347 2.58 223 245 262 266

Pump
TPA SubTotal 4500 7500 10500 16500 18.15 1566  17.21 1844 1672
Be H2/H2 Re- 0.84 7.12 7.10 7.06 0.34 1.49 1.16 0.79 0.63
generator
Be :EI)(()Z 398 1410 16.40 20.90 1.61 294 2.69 234 2.2

HEX & Reg SubTotal 482 2122 2350 27.96 1.94 443 3.85 3.12 2.83

Valves, 4132 7985 10167 149.15
Lines,
& Misc.

1667 1667 1667 1667  16.67

SubTotal 20660 39923 50833 74574 8333 8333 9333 8333 833

Total 24792 47908 61000 894.89 10000 100.00 10000 100.00 100.00

Orig. Total | 29180 48633 680.87 1069.93

RI'T/1D0M17-558-T 82




3.1, Design and Parametric Analysis, (cont)

prime. A graphical presentation of the engine weights is given in Figure 3.1-28. This is
based on materials choices as indicated in Table 3.1-18. A more conservative materiais
choice could add 10% to the totals as given.

Figure 3.1-29 plots the thrust/weight ratio versus engine thrust over
the range of interest. This engine cycle optimizes at about 20K Ibf thrust with a ratio of
28 Ibf thrust for each pound of engine. Another graphical presentation of the same cal-
culations is given in Figure 3.1-30 where engine weight is plotted directly against thrust.
This plot can be used to estimate engine weight at intermediate thrust points.

3.1.3.3 Engine Envelope

The criteria for the nozzle length is an area ratio of 1200:1 with a con-
tour for optilnum performance. Aerojet performance programs were used with each
engine thrust, and a common 110% RAO nozzle was found to deliver maximum per-
formance for the 2000 psia chamber pressure and the selected area ratio. The resultis a
very large engine. Engine half sections are shown in Figure 3.1-31. Note that the 50K
1bf thrust er ~ine is 25.4 ft long with the nozzle extended and 13.1 ft long with the rad:a-
tion cooled nozzle retracted. This is the length behind the aerobrake doors. At the 20K
Ibf thrust it is 106 inches. The impact on the vehicle is serious enough to warrant an
investigation of either mounting the engines where they do not interact with the aero-
brake design or of using an alternative to a conventional nozzle such as a plug cluster.

The engine configuration and nozzle contour for any thrust can be
calculated using the parametric data given in Tables 3.1-19 and 3.1-20. These tables
should be used in conjunction with Figures 3.1-32 which defines the symbols and
lengths in terms of a rocket engine half section.

A summary of the basic study engine dimensions is given in
Table 3.1-21.

RPT/DOt17 552-3.03.12 8 3
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TABLE 3.1-19

ADVANCED ENGINE DESIGN STUDY ENGINE CONTOUR
NORMALIZED BY THE THROAT RADIUS

Engine Thrust, Ibs 7.5K 20K 25K 35K 50K
Throat Radius, inches, r; 0.765 1.25 1.395 1.65 1.97
Parameter (non-dimensional) Normalized Dimensions
Chamber Length, L' 13.73 9.60 9.32 9.09 8.12
Barrel Section Length, Lc 6.81 6.58 6.34 6.14 5.30
Chamber Inner Radius at 6.86 4.80 4.66 4.55 4.06
the Injector, r¢
Radiused Transition, Barrel 2.0 2.0 20 2.0 2.0
to Converging, r;
Radiused Transition, Con- 2.0 2.0 20 2.0 2.0
verging to Throat, ry
Radiused Transition, 2.0 2.0 20 2.0 2.0
Throat to Nozzle, rgq
Nozzle Length, Ly 141.318 141.318 141.318 141.318 141.318
Nozzle Exit Radius, re 34.641 34.641 34.641 34.641 34.641

Angular Relations

Chamber Barrel to 30° 30° 30° 30° 30°
Converging Section, 6;

lintial Nozzle Divergence 30 30° 30° 30° 30°
Angle, en

Nozzle Exit, 6, 49° 4.9° 49° 4.9° 49°
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TABLE 3.1-20

ADVANCED ENGINE DESIGN STUDY
NORMALIZED NOZZLE CONTOUR*

Nozzle Length/Throat Radius Nozzle Radius/Throat Radius
Station L/x r/1t

1 75 1.2842

2 2.50 2.3357

3 5.00 3.8379

4 7.50 5.340

5 8.459 5.916

6 10.344 7.006

7 12.100 7.949

8 15.727 9.727

9 19.152 11.243

10 23.758 13.089

11 30.096 15.349

12 35.370 17.036

13 41.893 18.927

14 56.310 22.513

15 65.471 24.458

16 78.448 26.865

17 103.304 30.589

18 123.367 32.936

19 141.318 L=Ln 34.641 I=To

* Engines of any thrust in the 7.5K to 50K Ibf thrust range have the same nozzle
contour.
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TABLE 3.1-21
ADVANCED ENGINE DESIGN STUDY
BASIC ENGINE DIMENSIONS
Thrust, Ibf
Parameter 7.5K 20K 25K 35K 50K

Throat Radius, inches, r; 1.53 2.50 2.79 3.30 3.94
Throat Area, inch? 1.84 4.89 6.12 8.54 12.18
Chamber Diameter, inches 7.64 9.80 10.92 12.89 15.40
Contraction Ratio Geom. 249 153 15.3 153 15.3
Baffle Cross-Section Area, inch? 14 26 32 45 64
Contraction Ratio Less

Baffle Area 173 10 10 10 10
Chamber Length, L', inches 10.5 12 13 15 16
Nozzle Exit Area, inch? 2208 5868 7344 10,248 14,616
Nozzle Exit Diameter, inches 53. 86.44 96.70 11473  136.42
Nozzle Area Ratio 1395 1200* 1200* 1200* 1200*
*Assumes € = 1200 is fixed
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3.2 ENGINE REQUIREMENT VARIATION STUDIES

The first of the two variations from the engine baseline was to look at an
extended throttling range. With the new program emphasis on engine capability for
missions within Project Pathfinder, there is a requirement for a throttling main engine to
land a vehicle on the moon, Phobos, or Mars. The exact throttle engine range needed is
a function of the number of engines in the set and the g-load requirements of the
vehicle/maneuver. For this subtask the Apollo mission g-load were used and the thrust
selected, after considerable coordination, was 20,000 1bf/engine with a four engine set.
The throttle range was 20:1 versus 10:1 on the baseline. No throttle rate was given
although this is recognized as an important number for mission planning.

The second variation from the baseline engine requirements was an investi-
gation of the effects of high mixture ratio (MR > 7) operation on the engine design. The
reason for this investigation is the possibility of using oxygen mined from Lunar rocks

as a propellant. For this portion of the study, a high MR operating point of MR =12+ 1
was investigated.

A summary of the engine design parameters used for the variation study is
given Table 3.2-1. The basic mechanical design of the engine is unchanged but the high

mixture ratio study evaluated platinum alloys for the baffle plates as well as the base-
line NASA-Z material.

3.21 Design for 20:1 Throttling

3.21.1 Component Design

The turbopump design points for the 10:1 throttling engine were
selected using worst case design conditions at a chamber pressure of 2300 psia and mix-
ture ratio 7 (oxygen TPA) or 2000 psia and mixture ratio 5 (hydrogen TPA). Flowrates
were calculated based on flow at these conditions plus 5% for autogenous tank pressur-
ization. See Section 3.1.1 for the 10:1 throttling engine baseline. For the 20:1 throttling
case a single design point at a nominal thrust of 20,000 lbf was calculated.

A normalized performance chart for this TPA is given as
Figure 3.2.1-1. This performance curve is applicable to a single stage for either TPA.
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B

STUDY BASELINE - ENGINE REQUIREMENTS VARIATION

Parameter, dimension 20:1 Throttling High Mixture Ratio
Engine Thrust, Ibf (Nominal) 20,000 TBD
‘Specific Impulse, Ibf-sec/Ibm 484 Varies
Mixture Ratio Range 5t07 7 t0 13
Chamber Pressure, Pc, psia, (Nominal) 2000 TBD
Mag:::rrlnbe(ias FSide Wall Temp., Thrust 1050 1050
Baffle Plate Maximum Wall Temp., °F

* Plativam (pure or 10% Rhodium) 1080 10%0
Oxy;l%::x’il';e;)urbme Inlet Temp., °F 400 400
Chamber/Baffle Hydrogen Flow Split, % 30 to 70 30 to 70
Turbine Bypass Minimum Flow, % 10 10
Regenerator Bypass Minimum Flow, % 25 25
LOX/GH2 HEX Bypass Minimum Flow, % 10 10
Fuel Idle Valve Range, % of H Flow 0to10 0to 10
Regen Cooled Chamber Material NASA-Z NASA-Z Copper,

(for Property Data) Copper Gold Plated
Oxygen Cooled Nozzle Material NASA-Z NASA-Z Copper,

(for Property Data) Copper Gold Plated
Regen Chamber Inlet Area Ratio, € 28:1 28:1
Oxygen Cooled Nozzle Inlet Area Ratio, € 351 351
Oxygen Cooled Nozzle Exit Area Ratio, € 600:1 600:1
Chamber Internal Diameter, inches 9.8 9.8
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TABLE 3.2-1

STUDY BASELINE - ENGINE REQUIREMENTS VARIATION
(CONTINUED)

Parameter, dimension

20:1 Throttling  High Mixture Ratio

Chamber Contraction Ratio, Ajnj/ At

Radiation Cooled Nozzle Area Ratio,
Aeg/ At (®)

Nozzle Contour
e Toe=35
e Toe=1200

Regen Channel Geometry in Throat

Channel Land Width in Throat, inches

RPT/D0417-55a-T
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15.3:1 15.3:1
1200:1 1200:1
27° Angle 27° Angle
Rao, Optimum Rao, Optimum
Bell Bell
011" x .083" Depth 011" x .083"

Depth

010 010
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3.2, Engine Requirement Variation Studies, (cont)

Note that the speed ratio lines (N/N design) have a negative slope
from Q/Q design = 0 throughout the operating range. This characteristic was
considered necessary to avoid low speed stall and other instabilities. The predicted
engine throttle line is aiso plotted on this figure for reference. The stall line for this TPA
design falls on the Y-Axis. Cavitation performance can be inferred from Figure 3.2.1-2
where head loss is plotted against suction specific speed.

The concern in designing for 20:1 throttling was the TPA
performance at low chamber pressures. The design point was selected to assure stable
pump performance at the low speeds corresponding to a 100 psia chamber pressure.
This changed the top end performance, in particular, the overthrust capability. The
selected TPA design points given in Table 3.2.1-1 will only give a 5% overthrust
capability at MR = 7. Broad band performance is traded for low speed controllability
and stability. The engine operating envelope is depicted in Figure 3.2.1-3.

With a wide throttling range it is important to consider injector low
frequency combustion stability or "chug". Tests of the I-Triplet injector have shown
stability over a range representative of the 20:1 in this study. Appendix C includes a
discussion and test reference for "chug" stability.

Extended operation at the low throttle limit is dependent on the
chamber and baffle temperatures at equilibrium. With NASA-Z /Narloy-Z chamber
liner and baffles, the maximum operating temperature is 1050°F based on material heat
treated at 1700°F for 2 hours with aging at 900°F for 4 hours. A stress versus temper-
ature plot for the Narloy-Z material is given as Figure 3.2.1-4. The design allowable
0.2% yield strength curve was added to the Rockwell chart. There will be a gradual
reversion to arinealed properties at 1050°F that will set a life limit for the chamber. The
desired normal operating temperature limit is 900°F.

The chamber at the 20:1 throttle down point should be designed n<ns1:XMLFault xmlns:ns1="http://cxf.apache.org/bindings/xformat"><ns1:faultstring xmlns:ns1="http://cxf.apache.org/bindings/xformat">java.lang.OutOfMemoryError: Java heap space</ns1:faultstring></ns1:XMLFault>